The results of a numerical study to assess the effect of skin buckling on the internal load distribution in a stiffened fuselage panel, with and without longitudinal cracks, are presented. In addition, the impact of changes in the internal loads on the fatigue life and residual strength of a fuselage panel is assessed. A generic narrow-body fuselage panel is considered. The entire panel is modeled using shell elements and considerable detail is included to represent the geometric-nonlinear response of the buckled skin, cross section deformation of the stiffening components, and details of the skin-stringer attachment with discrete fasteners. Results are presented for a fixed internal pressure and various combinations of axial tension or compression loads. Results illustrating the effect of skin buckling on the stress distribution in the skin and stringer, and fastener loads are presented. Results are presented for the pristine structure, and for cases where damage is introduced in the form of a longitudinal crack adjacent to the stringer, or failed fastener elements. The results indicate that axial compression loads and skin buckling can have a significant effect on the circumferential stress in the skin, and fastener loads, which will influence damage initiation, and a comparable effect on stress intensity factors for cases with cracks. The effects on stress intensity factors will influence damage propagation rates and the residual strength of the panel.
Introduction
Buckling of a fuselage panel causes local displacement and stress gradients that are greater than the gradients in a panel that is not buckled. These local gradients influence the failure-initiation, damage-propagation and residual-strength behavior of a fuselage shell. Thus, if a fuselage shell is allowed to buckle, then these gradients must be understood in order to predict accurately fuselage structural integrity and residual strength.
Transport-fuselage shells are designed to support internal pressure and mechanical flight loads which result in local panel loads that consist of various levels of longitudinal tension or compression, circumferential tension, and shear, and that cause a geometrically nonlinear shell response. Typical metallic fuselage structure consists of built-up stiffened panels with a thin skin attached to longitudinal stringers and circumferential frames. To maximize structural efficiency, fuselage shells are usually designed to allow the fuselage skin to buckle in compression and shear at a load level that is below the design limit load condition for the shell. Thus, it is assumed that cracks may exist in the structure during the service life of the aircraft, and that loading conditions could occur that would cause the fuselage skin with cracks to buckle.
Skin buckling causes nonlinear deformations and changes in the stress distribution in the skin, the internal structure, and the fasteners connecting the skin and the internal structure. Failure initiation and propagation in the built-up structure may involve crack initiation in the skin or stiffening elements, or fatigue or strength failure of the fastener elements connecting the skin to the stiffening elements. The structural integrity of a built-up structure subjected to combinations of internal pressure and mechanical flight loads can be studied analytically with a nonlinear structural analysis capability, but a high-fidelity modeling and analysis methodology must be applied to obtain accurate predictions of the state of stress in each component of the structure. Most residual-strength analysis studies reported in the literature for fuselage shells with cracks [1] [2] [3] [4] [5] [6] [7] [8] [9] have been limited to internal pressure loads only, where the shell is in biaxial tension. The results of analytical studies of the nonlinear response of unstiffened aluminum shells with longitudinal cracks and subjected to internal pressure and axial compression loads [10] [11] [12] have indicated that the crack-growth characteristics of longitudinal cracks are influenced by the biaxial-loading ratio, χ , defined as the ratio of the longitudinal stress resultant to the circumferential stress resultant. The influence of biaxial loading on cracked stiffened panels was reported in Refs. 13 and 14, but skin buckling was not considered in either reference. In addition, results of a fatigue test of an A300B fuselage 15 indicated that compressive stress directioned parallel to a crack may increase the stress intensity factor by 40%. American Institute of Aeronautics and Astronautics
The present paper describes the results of a numerical study of the nonlinear response of a typical aircraft fuselage panel subjected to combinations of internal pressure and axial compression loads, and with and without a longitudinal crack. The paper focuses on the response of the skin and stringer region between the frames and describes the modeling and analysis methodology required to represent the nonlinear postbuckling response of the built-up structure with rivets attaching the skin to the stringers. Numerical results are presented first for a pristine structure, to demonstrate the effect of skin buckling on the fastener loads and the stress distribution in the fuselage panel, and to assess the impact of skin buckling on damage initiation. Then, results are presented for fuselage panels with cracks to assess the impact of skin bucking on the tendency for damage propagation. The numerical results are intended to provide insight into the complex nonlinear response of a built-up structure and to demonstrate the types of structural response that can be simulated by using modern analysis tools. Results are presented for a generic narrow-body fuselage panel, and it is recognized that the quantitative results are sensitive to the specific configuration considered. To allow for a qualitative measure of the effect of skin buckling on the response, numerical results are normalized by the response of the non-buckled structure subjected to nominal pressure loads. It is also recognized that prediction of damage initiation and damage propagation in a built-up structure typically requires a global-local approach, where a global shell model may be used to determine the structural-level response and define the appropriate gross loads to be applied in a refined local model. 16 The local model may require three-dimensional analysis and should be capable of representing the effects of fastener countersink details, interference fit, and through-thickness crack profiles. The modeling and analysis effort for the present paper consists of a global shell model only, but considerable detail was included to represent the geometric nonlinearity and spatial variation in the response, as well as the structural-level interaction between the components in the built-up structure. The results from the analyses conducted for the present paper could be used as input to more-refined local analyses. One product from the present paper is an appreciation for the complexity of the response demonstrated by the 'global' model, and a better understanding of the types of loading conditions that a local model may need to represent. For the purpose of the present paper, estimates of the effect of skin buckling on damage initiation and propagation are based on stress results from the global shell model, and stress intensity factors for cracks modeled as simple, straight, through-cracks.
Fuselage Panel Geometry and Finite Element Model
The structural configuration considered is shown in Fig. 1 , and is a generic narrow-body fuselage panel. It is constructed entirely of 2024-T3 aluminum alloy, with a 74.-in. skin radius, a 0.040-in. skin thickness, Z-stringers with an 8.-in spacing, and Z-frames with a 20.-in. spacing. A finite element model of the stiffened fuselage panel with two frame-to-frame longitudinal skin bays and five circumferential stringer bays is shown in Fig. 1 . The origin of the (x,y) coordinate system shown in Fig. 1 is located on the center stringer, and midway between the frames. The model was defined to include one half of a skin-bay beyond the last stiffening member on each edge of the panel. The circumferential edges of the skin and frames have symmetry boundary conditions. The longitudinal edges of the panel have the rotational constraints of a line of symmetry and multi-point constraints to enforce a uniform longitudinal edge displacement. The Young's modulus, E , for the aluminum alloy is equal to 10.5 msi and Poisson's ratio, v , is equal to 0.33.
The loading condition for the fuselage panel consists of an applied internal pressure, p (which generates a circumferential stress resultant reaction, N y ), and an axial stress resultant, N x , which is the sum of the bulkhead pressure load, and an applied mechanical load. The stress resultants, N x and N y , represent the average load in pounds per inch along the longitudinal and circumferential edges of the panel, respectively. A biaxial loading ratio, χ , is defined as the ratio of the axial load to the circumferential load,
. A biaxial loading ratio corresponds to the internal-pressure-only loading condition.
The stringer and frame elements of the panel are constructed of 0.050-in.-thick 2024-T3 aluminum alloy. The Z-frames are connected to the skin by L-shaped clips that have cutouts for the stringers to pass through, and a continuous circumferential tear strap is located between the L-shaped clips and the skin. The cross section dimensions for the Z-stringer, Z-frame, and L-clip are shown in Fig. 1 . In the finite-element model, the cross sections are modeled as branched shells, rather than discrete beams, so that cross-section deformation could be represented. The portions of the skin-Z-frame-L-clip cross section that have multiple layers are represented by a single plate element with multiple layers, and thus the layers are attached continuously, as if the layers were bonded. Conversely, the skin-stringer connection is modeled as a riveted connection by stacking finite element plate elements and connecting the plate elements with springs in a manner similar to that described in Ref. 17 . The skin-stringer connection was defined to represent a single row of 3/16-in.-diameter rivets with a 1.-in. pitch. The details of the skin-to-stringer attachment Fig. 2 . The skin and stringer are represented by offset layers of plate elements. A six-spring fastener element connects a single node in the skin to a single node in the stringer, and beam elements are used to distribute the fastener load over a 0.25 in.-by-0.25 in. area in each layer. The beam elements used to distribute the fastener load to the skin are defined so that they are stiff relative to the fastener element, but soft relative to the plate elements, so that the skin and stringer are not stiffened locally. The fastener element used in the analysis consists of two rigid links connected by six springs. These springs represent the stiffnesses associated with extension, shearing, bending and twisting of the fastener. The shear stiffness of the fastener (164e3 lb/in.) was computed using the empirical relation defined in Ref. 18 , evaluated for a 0.1875-in.-diameter aluminum rivet joining a 2024-T3 aluminum alloy skin and stringers of thicknesses 0.040 in. and 0.050 in., respectively. The ex- Tear strap, t = 0.05 in.
Clip with cutouts for stringers to pass through N y American Institute of Aeronautics and Astronautics tensional, flexural, and torsional stiffnesses of the fastener element were computed assuming that the rivet behaves like a simple 0.1875-in.-diameter aluminum rod. Pad-contact elements 19 are defined between the skin and stringers to represent the contact that would occur if the layers of elements were to move toward each other.
The finite element discretization was defined to represent adequately the buckled skin response (at least four elements per half wave). Mesh-transition elements which provide 2:1 mesh refinement were used to refine the mesh near the stringers, particularly at the center stringer, where cracks are to be introduced. The resulting finite element mesh had 157,000 degrees of freedom.
Analysis Procedure
The STAGS (STructural Analysis of General Shells) nonlinear shell analysis code, 19 which has special features for modeling fastener elements, contact between built-up components, and cracks in shell structures, was used to conduct the analyses. STAGS is a finite element code that can include the effects of geometric and material nonlinearities in the analysis. The code uses both the modified and full Newton methods for its nonlinear solution algorithms, and accounts for large rotations in a shell by using a co-rotational algorithm at the element level. The Riks pseudo arc-length path following method 20, 21 is used to continue a solution past the limit points of a nonlinear response. In addition to the nonlinear equilibrium solution, output from STAGS calculations include the following crack-tip fracture parameters: strain-energy-release rates (used to predict crack growth rates for fatigue loading conditions and residual strength crack extension from an elastic analysis) and the crack-tip opening angle (CTOA, used to determine residual strength crack extension from an elastic-plastic analysis). Procedures for computing the strain-energy-release rates using the modified crack closure integral method, and computing the linear-elastic stress-intensity factors from the strain-energy-release rates are described in Refs. 22 and 23. Stress intensity factors for symmetric and anti-symmetric membrane ( K I , K II ) and bending ( k 1 , k 2 ) modes, shown schematically in Fig. 3 , can be computed from individual components of the strain-energy-release rate. For the present study, the total stress intensity factor is calculated from the total strain-energy-release rate, G :
To provide a qualitative measure of the effect of skin buckling on the response, stress intensity factor results in the current paper ( K I , K II , k 1 , k 2 , K T ) are defined as the stress intensity factors described above, normalized by K T for a biaxial loading ratio value χ = 0.5.
The STAGS code allows for separation of the applied loads into two load sets that can be scaled independently during a nonlinear analysis. To conduct the analyses for the current paper, an internal pressure was applied in one load set, while an axial load was applied in the second load set. One nonlinear analysis was conducted to obtain the solution for an internal pressure of 8 psi, and a large axial tension corresponding to a biaxial loading ratio , or four times the bulkhead tension load for a pressure-only loading condition. Then, a second nonlinear analysis was conducted, keeping the pressure at 8 psi, and reducing the axial tension load to zero and then applying axial compression loads. The maximum compression load considered corresponded to a biaxial loading ratio , which was two times the Anti-symmetric bending load, k 2
Institute of Aeronautics and Astronautics axial compressive load required to buckle the skin of the fuselage panel. All analyses were conducted using a linear-elastic material model. While post-processing the solutions, a yield stress of 50 ksi was assumed to assess the validity of the elastic solutions.
Assessment of Damage Initiation and Propagation
Paris' fatigue crack growth law 24 is applied to estimate the effect of changes in stress levels and stress intensity factors on damage initiation and propagation. Paris' crack growth law is (2) where C and n are material dependent variables which are determined by experiment. For aluminum alloys, n = 4 is a reasonable estimate. If the loading cycles are from zero to maximum load, then ∆K = K. For small cracks, K is linearly proportional to the remote stress perpendicular to the crack, and for crack initiation, the initial crack size is related to micro-structural discontinuities. For a given configuration subjected to two different loading conditions, Paris's law, with n = 4, states that the crack growth rate for each loading condition is proportional to the remote stress or stress intensity factor, raised to the fourth power. The number of cycles required to extend a crack a distance da for some value of χ, normalized by the number of cycles to extend the crack the same distance for χ = 0.5, is (3) It is assumed that for mixed-mode loading conditions, the crack growth rate is a function of the total stress intensity factor, . When presenting the results, the values for stress and stress intensity factors will be normalized by their values for a biaxial loading ratio value χ = 0.5 such that:
Thus, the normalized number of cycles for crack extension, N, is rewritten as (5) and can be used to estimate the effect of variations in stress results on durability. Similarly, the effect of variations in stress results on the residual strength of the structure may be estimated by a normalized residual strength, .
(6) To illustrate the effect of variations in stress results on durability and residual strength, N and RS are plotted versus ( , σ) in Fig. 4 . As shown in Fig. 4 , elevation of the stress results by 10%, 25%, and 50%, corresponds to reductions in N of 30%, 60%, and 80%, respectively.
Results and Discussion
The results of a numerical study of the nonlinear response of a typical aircraft fuselage panel with and without longitudinal cracks, and subjected to combinations of internal pressure and axial compression loads are presented. Results are presented first for a pristine structure, to demonstrate the effect of skin buckling on the fastener loads and the stress distribution in the fuselage panel, and to assess the impact of skin bucking on damage initiation. Then, results for fuselage panels with damage are presented to display the effect of skin bucking on the tendency for damage propagation. Results are presented for panels with damage along the skin-stringer attachment line in the form of failed fasteners or longitudinal skin cracks of various lengths. The results include contour plots of the circumferential stress and radial displacement in the fuselage skin and line plots of the stress intensity factors for cases with cracks. When presenting the stress intensity factor results, the components shown in Fig Fig. 5b , shows that the internal pressure on the skin deforms the skin radially outward, and the displacements are smaller where the skin is attached to the stiffening structure. The circumferential stiffness of the frames strongly resists the radial deformation, thus the skin's radial displacement is the smallest near the frames. The stringers resist radial deformation because they are attached to the frames. The stringers provide some radial support to the skin through the bending stiffness of the stringers. The stringers bend along their length and deflect outward more than the frames, and the skin on each side of the stringer deflects outward more than the stringer. When the axial tension load is increased to a biaxial loading ratio value χ = 1.5, the tension load tends to straighten the panel in the axial direction, and reduces the radial displacement between the frames, as shown in Fig. 5a . When the axial tension load is reversed to apply axial compression, solutions with negative biaxial loading ratio values are obtained. The skin radial displacement results for the case with χ = -0.5, shown in Fig. 5c , indicates that axial compression increases the outward deflection of the unsupported skin, and a displacement pattern with multiple axial half-waves between the frames starts to develop. The formation of additional half-waves is dominated by growth of the compression-loaded bending boundary layer near each frame. When the axial compression load is increased beyond χ = -0.6, the skin buckles into seven half waves between the frames, and one circumferential half wave between stringers. The skin radial displacement for χ = -1.0, shown in Fig. 5d , displays a fully-developed buckled skin pattern that is symmetric with respect to each stringer and each frame. The symmetry in the response is attributed to the strong influence of the bending boundary layer on each side of the frames and the presence of the internal pressure load. Changes in the structural configuration would likely influence the deformation shape and symmetry of the response.
Panel cross sections 'A', 'B' and 'C' are identified in Fig. 5 . For each cross section, the deformed shape of the skin-stringer attachment area is shown amplified by a factor of 10 in Fig. 6 . For the case with nominal pressure load, χ = 0.5, the deformed shape of cross section 'A', shown in Fig. 6a , indicates a small amount of outward deformation in the skin on each side of the stringer, and a small amount of twisting in the stringer deformation due to the asymmetry of the stringer Z cross section. For the case with the postbuckled skin and χ = -1.0, the deformed shape of cross section 'B' shows the skin deformed toward the stringer and bent over the stringer, with contact evident in the skin-stringer interface. At cross section 'C' of the postbuckled skin with χ = -1.0, Fig. 6c shows the skin pulled away from the stringer, which causes the asymmetric stringer to twist. The skin and stringer separate on one side of the fastener row (see Fig. 6c ), and the bending response of the skin is most severe in this region.
Contour plots of the longitudinal stress on the inner and outer surface of the skin of the fuselage panel for values of χ = 0.5 and -1.0 are shown in Fig. 7 . The area of the panel shown in the contour plots is one skin bay between two frames and half a skin bay on each side of the center stringer. The results for the nominal pressure load, χ = 0.5, indicate that the longitudinal stress in the skin is approximately 7 ksi in tension, and is nearly uniform. For the case with χ = -1.0, the buckled skin causes large gradients in the longitudinal stress. The buckled skin between the stringers has a middle surface stress of approximately -5 ksi, but the bending deformation causes surface stresses ranging from -23 ksi to 13 ksi. The buckled skin has a lower longitudinal stiffness than the unbuckled skin. Thus, a higher percentage of the axial load is supported by the stringers and the skin near the stringers. For the case with χ = -1.0, the skin near the stringers has a longitudinal stress of approximately -14 ksi. The stringers are subjected to axial loads that are applied to the ends of the panel, and to bending loads. The bending loads result from the internal pressure on the panel skin, and the radial constraint imposed by the frames. The stresses in the stringers are predominately longitudinal, and the maximum stresses are located in the cap of the stringer, i.e., away from the skin-to-stringer connection. For the nominal pressure load, χ = 0.5, the longitudinal stress in the cap of the stringer is approximately 8 ksi at the frame location, and -1 ksi midway between frames. The longitudinal stress in the attachment flange of the stringer is approximately 7 ksi. For the compression loaded case with χ = -1.0, the longitudinal stress in the cap of the stringer is approximately -8 ksi at the frame location, and -29 ksi midway between the frames. The longitudinal stress in the attachment flange of the stringer is approximately -15 ksi. Thus, the bending load on the stringer is greater when the panel is loaded in compression and the skin is buckled.
Contour plots of the circumferential stress on the inner and outer surface of the skin of the fuselage panel for values of χ = 0.5 and -1.0 are shown in Fig. 8 . The area of the panel shown in the contour plots is one skin bay between two frames and half a skin bay on each side of the center stringer. The results for the nominal pressure load, χ = 0.5, indicate that the circumferential stresses in the skin are nearly uniform, and are smaller closer to the frames. Along the line of skin-stringer attachment, the skin bending shown in Fig. 6a causes an elevation in the circumferential stress on the inner surface and a reduction in the circumferential stress on the outer surface. For the case with χ = -1.0, the buckled skin causes large gradients in the circumferential stress. In regions where the skin buckles outward, the circumferential stresses are elevated. In regions where the skin buckles inward, the circumferential stresses are reduced. The largest stresses are located along the line of skin-stringer attachment. At points 'D' and 'E' on the panel skin, identified in Fig. 8b , there are significant bending stresses associated with the skin bending shown previously in Figs. 6b and 6c. The variation in circumferential stress at skin locations 'D' and 'E' for biaxial loading ratio values of χ = 1.5 to -1.2 is shown in Fig. 9 . In this figure, inner-, middle-, and outer-surface stresses are presented, and the results are normalized by the middle-surface stress for χ = 0.5. For values of χ = 1.5 to -0.5, the middle-surface circumferential stresses are insensitive to the changes in the axial load, and the inner-and outer-surface stresses indicate that axial compression causes a linear increase in the bending stress that increases the inner-surface tensile stress, and decreases the outer-surface tensile stress. For values of χ = -0.5 to -1.2, skin buckling causes nonlinear changes in the middle-surface and bending stresses. The tensile circumferential stresses on the outer surface at lo- , and on the inner surface at location 'E', are more than two times the values for the pressure-only case. In addition, the middle-surface tensile stress at location 'E' increases by approximately 30 percent. The large stress values located in the skin-stringer attachment region will increase the likelihood of damage initiation and propagation in this region. Large surface stresses will promote initiation of a surface crack, while a large middle-surface stress will promote growth of a through-crack.
The maximum forces in the fasteners that connect the skin to the center stringer are shown in Table 1 for biaxial loading ratio values χ = 0.5 and -1.0. The axial shear forces are oriented along the stringer longitudinal axis, while the side shear forces are perpendicular to the stringer longitudinal axis. The bending moment that is reported is the moment about the stringer longitudinal axis. The magnitude of the bending moments are small compared to the forces, but, considering that the moment arm of the fastener is also small, the moments may be significant. When evaluating the maximum forces, the fasteners in the center two-thirds of the stringer length between the frames were considered. The results in Table 1 indicate that the maximum fastener loads are along the stringer longitudinal axis. This condition will be the case, in general, since the stringer is much stiffer along its longitudinal axis than in any other direction. Compared to the pressure-only case, χ = 0.5, cases with pressure plus axial tension, χ > 0.5, have smaller fastener forces. When axial compression is applied and the skin buckles, as is the case for χ = -1.0, all of the fastener loads become significantly larger. The maximum tensile load in the fasteners occurs at locations where the skin deforms radially outward on each side of the stringer.
If the panel skin has buckled, the distribution of fastener forces is quite complex. The short-wavelength buckling deformation has only three fasteners per axial half-wave. The large displacement gradients result in fastener forces that are rather erratic. Also, the maximum fastener force for each component may refer to several different fasteners, rather than a single fastener. The erratic nature and complexity of the response may make it difficult to determine a critical location, and make it difficult to define a refined local model to examine the fastener detail more closely.
Three Failed Fasteners
One type of damage that may occur in a fuselage panel is failure of the skin-to-stringer attachment. In the results described above, it was noted that buckling of the panel skin increases the tensile forces at the skin-stringer attachment at locations where the skin deforms radially outward on each side of the stringer. These higher attachment loads increase the likelihood of fastener failure by fatigue, or through the formation of small cracks at the fastener holes which would promote pull-through of the fasteners. To examine the effect of fastener failure on the panel's response, three consecutive fasteners in proximity to point 'E' in Fig. 8b were removed from the finite element model, and nonlinear analyses were conducted. Contour plots of the radial displacement of the fuselage skin with three fasteners removed are shown in Fig. 10 for biaxial loading ratio values of χ = 0.5 and -1.0. For the nominal pressure load, χ = 0.5, the displacement is only slightly different from the displacement of the pristine panel shown in Fig. 5b . For the case with axial compressive load, χ = -1.0, the panel skin is buckled, and the maximum radial displacement occurs in the skin where the fasteners were removed, or location 'F' indicated in Fig. 10b . The deformed shape has a single half wave in the circumferential direction that extends across two skin bays, and the magnitude of the displacement near the re- Fig. 5d .
The variation in circumferential stress at skin location 'F' for biaxial loading ratio values of χ = 1.5 to -1.2 is shown in Fig. 11 . Inner-, middle-, and outer-surface stresses are presented in this figure, and the results are normalized by the middle-surface stress for the case with no fasteners removed, and χ = 0.5. For values of χ = 1.5 to 0.0, the normalized stresses are approximately equal to 1.0. The stresses are insensitive to the changes in the axial load, and there is very little bending in the skin. When the axial load becomes compressive, χ = 0.0 to -1.2, the skin buckles and the tensile circumferential stress increases dramatically, more than doubling in magnitude at the middle and outer surfaces. The large stress values located in the skin region near the removed fasteners will increase the likelihood of the formation and propagation of skin cracks in this region. Refer to Fig. 4 to estimate the effect of variations in stress results on the durability and residual strength of the panel. The finite element model was modified to include a 1-in.-long longitudinal crack in the panel skin. The crack was located midway between frames, centered on x = 0 in Fig. 1 , and adjacent to the line of skin-stringer attachment. Referring to the stringer cross section shown in Fig. 6 , the crack was located 0.25 in. to the left of the fastener location. Nonlinear analyses were conducted for an internal pressure load of 8 psi, and a range of axial load values corresponding to biaxial loading ratio values χ = 2.0 to -1.2. The 1-in.-long crack did not influence the panel's overall response. When the panel was loaded in compression, the skin buckled into the same deformed shape as observed for the pristine panel. The fuselage-skin radial displacement in the region near the crack, and with χ = -1.0, is shown in Fig. 12 . The displacement results indicate that the skin nearest to the crack buckles radially inward, which, for the pristine panel, was shown in Fig. 9 to reduce the middle-surface circumferential stress locally. Radial displacement of buckled skin with 1-in.-long longitudinal crack midway between frames (x = 0.0) and adjacent to the center stringer.
Stress intensity factors for the 1-in.-long longitudinal crack, and biaxial loading ratio values of χ = 2 to -1.2 are shown in Fig. 13 loading ratio values χ = 2.0 to -0.5, the crack-tip response is dominated by K I , and the response is not very sensitive to variations in the biaxial loading ratio. When an axial compression load is applied and the skin buckles ( χ < -0.6), the stress intensity factor K I is reduced in magnitude, and the bending component is increased in magnitude. When the skin buckles, the crack-tip response at opposite ends of the crack are similar, but not identical, because the center of the crack and the skin deformation pattern are not aligned in the axial direction. The buckled skin causes high gradients in the response, and small changes in the location of the crack-tip relative to the buckling deformation can influence the crack-tip response. The 1-in.-long crack has no significant affect on the fastener forces or stringer stresses compared to the results for the pristine panel.
Off-Center 1-In.-Long Longitudinal Crack
In the previous case, the 1-in.-long crack was located midway between frames, centered on x = 0. In the current case, the 1-in.-long crack is still adjacent to the line of skin-stringer attachment, but is shifted axially, and centered on x = -2.5 in Fig. 1 . Again, the 1.in.-long crack does not influence the panel's overall response. The fuselage-skin radial displacement in the region near the crack, and with χ = -1.0 is shown in Fig. 14 . The displacement results show that the skin nearest to the crack buckles radially outward, which, for the pristine panel, was shown in Fig. 9 to increase the middle-surface circumferential stress locally.
Stress intensity factors for the 1-in.-long longitudinal crack centered on x = -2.5, and biaxial loading ratio values of χ = 2 to -1.2, are shown in Fig. 15 . The stress intensity factors are normalized by K T = 15 ksi √ in. for χ = 0.5. Results are shown for K T , the symmetric membrane component, K I , and the asymmetric bending component, k 2 . For biaxial loading ratio values χ = 2.0 to -0.5, the crack-tip response is dominated by K I , and the response is not very sensitive to variations in the biaxial loading ratio. When axial compression load is applied and the skin buckles ( χ < -0.6), the stress intensity factors K I and k 2 increase in magnitude. The symmetric membrane component, K I , for χ = -1.2 is 40% larger than K I for the pressure-only case, χ = 0.5. The asymmetric bending component, k 2 , which is insignificant for χ = 0.5, increases in magnitude by over 1,200% for χ = -1.2, and is 80% larger than K I for the pressure-only case, χ = 0.5. Thus, the magnitude and mode-mixity of the crack-tip stress intensity factors are strongly influence by skin buckling. By comparing these results with the results with the crack centered on x = 0, it is evident that the effect that skin buckling has on the crack-tip response of a short crack is dependent on the crack location relative to the buckling deformation. Refer to Fig. 4 to estimate the effect of variations in the total stress intensity factor, K T , on the durability and residual strength of the panel. The finite element model was modified to include a 4-in.-long longitudinal crack in the panel skin. The crack was located midway between frames, centered on x = 0 in Fig. 1 , and adjacent to the line of skin-stringer attachment. Nonlinear analyses were conducted for an internal pressure load of 8 psi, and a range of axial load values corresponding to biaxial loading ratio values χ = 2.0 to -1.2. The 4-in.-long crack is large enough to influence the panel's overall response. Contour plots of the fuselage-skin radial displacement for biaxial loading ratio values χ = 0.5 and -1.0 are shown in Fig. 16 . The displacement results indicate that the presence of the 4-in.-long crack influences the radial displacement in one skin bay on each side of the center stringer. The influence is not confined to the skin bay on the side of the stringer where the crack is located, because the crack unloads the circumferential tension load in the skin, and the stringer is not stiff enough in the circumferential direction to prevent the adjacent skin bay from also unloading.
A contour plot of the middle-surface longitudinal stress in the fuselage-skin is shown in Fig. 17 for the nominal pressure load, χ = 0.5. The results shown in Fig. 17 suggest that the influence of the 4-in.-long crack is contained within the two-skin-bay area in the center of the panel. The results in Fig. 17 also indicate that there is a small region of the skin on each side of the crack that has a compressive longitudinal stress. These compressive stresses are like the compressive stresses that develop in regions near the edge of the crack in a center-cracked flat plate subjected to a tension load. The stresses in the stringer are influenced by the crack in the skin in the following manner. The skin on one side of the 4-in-long crack is attached to the stringer. Along the length of the crack, the compressive longitudinal stress in the skin applies a compressive load to the stringer attachment flange. In addition, the remote circumferential stress in the skin causes the crack to open, which imparts a circumferential side load on the stringer.
For cases with all values of the biaxial loading ratio, the radial displacement is larger in the two skin bays adjacent to the crack, and the shape of the buckling deformation is different from the deformation in the remainder of the panel. The internal pressure causes outward bulging of the skin near the crack, and these bulging deformations are magnified when the panel is subjected to compressive loads. The deformations associated with the 4-in.-long crack dominate the local panel response and skin buckling deformation. This behavior was not the case for shorter cracks, where the skin buckling deformation dominated the panel response, and the crack behaved more like a local detail or inclusion. The deformed shape (3x magnification) of the center stringer near the 4-in.-long crack for biaxial loading ratio values of χ = 0.5 and -1.0 are shown in Fig. 18 . The deformed shapes have significant displacements in the skin, but distortion of the stiffener cross-section appears to be minimal. The results of the analyses indicate that the stringer did not yield or collapse, and was able to support the additional loads developed by the crack. The maximum forces in the fasteners that connect the skin to the center stringer are reported in Table 2 for biaxial loading ratio values χ = 0.5 and -1.0. The maximum fastener loads are considerably larger than the values for the pristine panel reported in Table 1 . Compared to the pressure-only case, χ = 0.5, cases with pressure plus axial tension, χ > 0.5, have smaller fastener forces. When axial compression is applied and the skin buckles, as is the case for χ = -1.0, all of the fastener loads become significantly larger.
Stress intensity factors for the 4-in.-long longitudinal crack are shown in Fig. 19 for biaxial loading ratio values of χ = 2 to -1.2. The stress intensity factors are normalized by K T = 36 ksi √ in. for χ = 0.5. Results are shown for K T , the symmetric and asymmetric membrane components, K I and K II , respectively , and the asymmetric bending component, k 2 . For the pressure-only case, χ = 0.5, and cases with pressure plus axial tension, χ > 0.5, the crack-tip response is dominated by K I , and the response is not very sensitive to variations in the biaxial loading ratio. When axial compression load is applied, χ < 0.5, the stress intensity factors increase in magnitude in a manner that is typical of a limit-load response, rather than a bifurcation buckling response. That is, the bulging deformation near the crack develops gradually with increasing compression load, rather than changing suddenly when the skin buckles. For the maximum compression load considered, χ = -1.2, K I is 70% larger than K I for the pressure-only case. Similarly, k 2 and K II are 270% and 460% larger, respectively, for χ = -1.2, than their respective values for a pressure load only, χ = 0.5. Refer to Fig. 4 to estimate the effect of variations in the total stress intensity factor, K T , on the durability and residual strength of the panel. The final crack configuration considered in the present study is a 10-in.-long longitudinal crack located midway between frames, centered on x = 0 in Fig. 1 , and adjacent to the line of skin-stringer attachment. Nonlinear analyses were conducted and the panel's response was quite similar to that obtained for the 4-in.long crack. Contour plots of the fuselage-skin radial displacement for biaxial loading ratio values χ = 0.5 and -1.0 are shown in Fig. 20 . The displacement results indicate that the presence of the longer crack influences the radial displacement over a larger portion of the panel.
A contour plot of the middle-surface longitudinal stress in the fuselage-skin is shown in Fig. 21 for the nominal pressure load, χ = 0.5. Middle-surface stress in fuselage-skin with 10-in.-long longitudinal crack midway between frames (x = 0.0) and adjacent to the center stringer. The results shown in Fig. 21 suggest that the influence of the 10-in.-long crack extends over the entire length and width of the panel. The results in Fig. 21 also indicate that there is a region of the skin that has a compressive longitudinal stress, on the side of the crack that is attached to the stringer. Recall that the results for the case with a 4-in.-long crack, shown in Fig. 17 , indicated compressive longitudinal stresses in the skin on both sides of the crack. When the crack is longer, the internal pressure load on the skin causes larger outward deformation on the unsupported side of the crack, and this deformation induces a nonlinear tensile stress along the unsupported crack edge. This tensile longitudinal stress along the unsupported crack edge acts to increase the compressive longitudinal stress on the side of the crack that is supported by the stringer. The stresses in the stringer are influenced by the crack in the skin in the following manner. The skin on one side of the 10-in-long crack is attached to the stringer. Along the length of the crack, the compressive longitudinal stress in the skin that is supported by the stringer applies a compressive load to the stringer attachment flange. In addition, the remote circumferential stress in the skin causes the crack to open, which imparts a circumferential side load on the stringer.
The deformed shape (3x magnification) of the center stringer near the 10-in.-long crack is shown in Fig. 22 for biaxial loading ratio values of χ = 0.5 and -1.0. The deformed shapes indicate that there are significant displacements in the skin, and the stringer cross-section appears to be rolling for the biaxial loading ratio value of χ = -1.0. A review of the analysis results indicates that the center stringer exhibits a limit load behavior at a biaxial loading ratio value of χ = -1.0, and the stress levels in several locations of the model exceed the yield stress for the 2024-T3 aluminum alloy.
The maximum forces in the fasteners that connect the skin to the center stringer are shown in Table 3 for biaxial loading ratio values χ = 0.5 and -1.0. The maximum fastener loads are considerably larger than the values for the panel with the 4-in.long crack reported in Table 2 . Compared to the pressure-only case, χ = 0.5, cases with pressure plus axial tension, χ > 0.5, have smaller fastener forces. When axial compression is ap- The crack-tip response is dominated by K I for all values of load, and for cases with pressure plus axial tension, χ > 0.5, K I is not very sensitive to variations in the biaxial loading ratio. When an axial compression load is applied, χ < 0.5, the stress intensity factors increase in magnitude, although the percentage increases are less than for the case with the 4-in.-long crack. For the maximum compression load considered, χ = -1.2, K I is 56% larger than K I for the pressure-only case. Similarly, k 2 and K II are 58% and 120% larger, respectively, for χ = -1.2, than their respective values for pressure-only load, χ = 0.5. Refer to Fig. 4 to estimate the effect of variations in the total stress intensity factor, K T , on the durability and residual strength of the panel.
Concluding Remarks
The results of a numerical study to assess the effect of skin buckling on the internal load distribution in a stiffened fuselage panel, with and without a longitudinal skin crack, are presented. In addition, the impact of changes in the internal loads on the fatigue life and residual strength of a fuselage panel is assessed. The results indicate that nonlinear analyses of the stiffened-shell model can provide accurate predictions of the geometric-nonlinear response of the buckled skin, cross section deformation of the stiffening components, and skin-stringer attachment forces associated with discrete fasteners. The numerical results indicate that compression loads and skin buckling can have a significant effect on the circumferential stress in the skin, and fastener loads, which will influence damage initiation. Compression loads and skin buckling have a comparable effect on stress intensity factors for cases with cracks, which will influence damage propagation rates and the residual strength of the panel.
The results from analyses of a pristine panel indicate that skin buckling creates large gradients in the radial displacement, longitudinal stresses, and circumferential stresses in the fuselage-panel skin. The The fastener tension loads, normal to the skin surface, are also the largest in these areas. The increase in the circumferential stress near the stringer due to skin buckling is quantified, and the associated reduction in fatigue life is estimated to be significant. Results for analyses with fasteners removed indicated that fastener failure, by fatigue or pull through, would have little effect on the response of a panel under axial tensile load. But if a compression load causes the skin to buckle, then removed fasteners can increase the circumferential stress in the skin, and reduce the fatigue life.
The numerical results for cases with longitudinal cracks indicate that compressive loads and skin buckling generally increases the crack-tip stress intensity factors, and thus, reduces the fatigue life and residual strength of the panel. For cases with short cracks, the global panel response was unaffected by the crack, and the crack-tip response was sensitive to the crack location relative to the buckled shape of the panel. For cases with longer cracks, axial compression loads couple with the radial deformations near the crack to create a limit-load type of response. The region of the panel that is influenced by the crack is larger. Also, axial compressive loads and side loads on the stringer adjacent to the crack are increased by the presence of a crack, and stringer strength or stability may become an issue.
